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SUMMARY 


A status report and review of wind-tunnel model experimental techniques 
that have been developed to study and validate the use of active control 
technology for the minimization of aeroelastic response are presented. Model- 
ing techniques, test procedures, and data analysis methods used in three model 
studies are described. The» studies include flutter mode suppression on a 
delta-wing model, flutter mode suppression and ride quality control on a 
l/3G-size model of the B-52 CCV airplane, and an active lift distribution 
control system on a 1/ 22-size C-5A model. 


INTRODUCTION 


Dynamic and aeroelastic wind-tunnel models have played an important role 
in the development of aircraft and space technology. In many instances model 
tests are the most economical means, both in terms of time and cost, of 
determining heeded data as compared to other methods such as analysis and 
flight tests. Models can be used to obtain results at conditions where ana- 
lytical results are known to be inaccurate, for instance, transonic speeds. 
Ordinarily model results can be obtained in a more timely manner than flight 
results, and model tests are more amenable to conducting extensive parametric 
studies than are flight tests. Aviation applications of dynamic models have 
included such diverse areas as flutter, gust response, and landing loads while 
space application includes, among others, launch vehicle buffeting and ground 
wind load studies. Some of the many uses of models in aerospace applications 
are described in references 1 and 2, for example. Perhaps the extensive use 
of models is best illustrated by the fact that a literature search under the 
category of dynamic models gives a listing of over 2500 publications. This 
continued use of models has resulted in modeling technology reaching a rather 
advanced state of development. However, new technology and advanced concepts 
are continually being developed which offer new challenges to modeling tech- 
nology. Active control technology is one of the latest challenges. 

The addition of active controls to models adds a new complexity to model- 
ing technology. In particular, control surface and actuation systems must be 
miniaturized, usually under severe weight restrictions, and new testing tech- 
niques must be developed. 
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The NASA Langley Research Center has embarked on a research program to 
develop experimental techniques so that wind-tunnel models can be employed to 
study and validate active control systems used to minimize aircraft aeroelastic 
response. Although the major thrust of this work is experimental, considerable 
emphasis is also being placed on the development of analytical techniques. 

This paper presents a status report and review of the experimental work that 
has been accomplished to date. An earlier status report is presented in 
reference 3. Some experiences in the testing of three different models in the 
Langley transonic d 3 mamics tunnel are reported herein. In addition to pre- 
senting some basic experimental results from the three studies, such topics as 
model design and construction, active control system implementation, and wind- 
tunnel test techniques are discussed. Some comparisons between model experi- 
mental results and analysis are made, and in one instance some comparisons 
between model and flight test results are presented. 

The first model program is a flutter suppression study using a delta-wing 
model. This research model, which is a simplified representation of a contem- 
porary supersonic transport design, was used to develop basic flutter suppres- 
sion modeling technology and to evaluate the aerodynamic energy flutter 
suppression concept developed by Nissim in reference 4. In addition to the 
results presented in ref erence 3, some later *data obtained by using the delta- 
wing model are presented in reference 5. The second model study used a 1/30- 
size dynamically scaled aeroelastic model of the B-52 control configured 
vehicle (CCV) . Both flutter mode control (FMC) and ride quality control (RQC) 
systems were implemented in this model study which was done in cooperation with 
the Air Force Flight Dynamics Laboratory. Some B-52 model flutter suppression 
results are given in reference 6. The Boeing Company, Wichita Division, has 
provided contractual assistance during both the delta-wing and B-52 model 
studies. The third model study was also done in cooperation with the Air Force 
and used a 1/22-size C-5A model. Under contract to the Air Force, the Lockheed- 
Georgia Company designed and built the model, and provided technical support 
for the wind-tunnel tests. The model was equipped with an active lift distri- 
bution control system (ALDCS) which used active controlled ailerons and 
horizontal tail to redistribute the dynamic wing loading in order to decrease 
the wing root bending moment. This C-5A model study was performed in conjunc- 
tion with the development of a proposed lift distribution control system for 
the full-scale aircraft. The evolution of the proposed aircraft system is 
described in reference 7 . 


DELTA WING FLUTTER SUPPRESSION STUDY 


General 

The delta-wing model study was the first active control flutter suppres- 
sion study undertaken at the Langley Research Center. In general, this program 
was initiated to develop the basic technology required for active control 
modeling studies and, in particular, to demonstrate experimentally that flutter 
can be suppressed by using active controlled aerodynamic surfaces. The flutter 
suppression concept chosen for implementation was the aerodynamic energy method 


832 



developed by Nisslm (ref. 4). Simply stated, this aerodynamic energy concept 
says that flutter cannot occur if, for all allowable oscillatory motions, posi- 
tive work is done by the wing on the surrounding airstream. That is, energy 
is transferred from the wing to the airstream. 

A photograph of the delta-wing model mounted in the transonic dynamics 
tunnel is presented in figure 1, and model geometry is shown in figure 2. The 
1.28 aspect ratio model planform was a cropped delta with a leading-edge sweep- 
back angle of 50.5®, a taper ratio of 0.127, and a circular arc airfoil section 
with a thickness-to-chord ratio of 0.03. Two high-fineness ratio bodies were 
mounted on the wing lower surface to simulate engine nacelles. The model was 
cantilever mounted to a rigid mounting block that was bolted to the tunnel 
sidewall. The mounting block was enclosed in a simulated fuselage fairing 
which extended ahead of and behind the wing. This mounting arrangement brought 
the wing root outside of the tunnel wall boundary layer. The model was 
equipped with leading- and trailing-edge aerodynamic control surfaces. The 
controls were actuated by an electrohydraulic system which was controlled by a 
feedback system that was implemented on an analog computer located in the 
tunnel control room. 


Design and Construction Considerations 

Design .- Since the delta-wing study was of a research nature, it was not 
necessary that the model scale any particular full-scale airplane wing. How- 
ever, for research studies to be as relevant as possible, it is desirable that 
the models used be representative of current or proposed configurations. Con- 
sequently, the delta-wing model design was based on a contemporary supersonic 
transport configuration. In particular, this model was a simplified 1/17-size 
version of the Boeing 2707-300 configuration. The design objective was to have 
a model that had similar flutter characteristics to those of the prototype and 
would flutter well within the operating boundary of the transonic dynamics 
tunnel. Other constraints to the model design were that the construction tech- 
nique was to be as simple as practical and that construction cost was to be 
kept to a minimum. In developing the delta-wing final design, some preliminary 
wind-tunnel studies were made by using different size models that differed from 
one another in stiffness and mass properties. Some results of this study are 
reported in reference 8. From the results of this study a final design was 
selected. The flutter boundary of the final design (called configuration C in 
ref. 8) is very similar to the boundary (for one weight condition) of a rather 
expensive dynamically scaled replica-type model of the prototype configuration 
when both sets of data are scaled to airplane values . 

Cons true t ion . - The construction of the delta-wing model was relatively 
simple. The basic structure was an aluminum alloy insert which tapered in 
thickness in the spanwise direction. Portions of the insert were chemically 
milled to simulate spars and ribs. The insert was covered with balsa wood 
that was contoured to give the desired airfoil section. The balsa wood was 
covered with one layer of fiber glass cloth which was doped to the wood. The 
two engine nacelles were made of steel tubing with balsa wood nose and tail 
streamlining fairings. The nacelles were ballasted with lead weights to give 
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the desired mass and inertia properties. Relative to the basic wing strueture, 
the nacelles were rigid. The fuselage fairing was constructed of wood. The 
basic structure of the leading- and trailing-edge control surfaces was a metal 
tubing axle with balsa wood bonded to the axle. Two hardwood ribs were 
incorporated in each surface to provide additional chordwise stiffness. Each 
control surface was covered with a thin sheet of fiber glass cloth that was 
doped into place. 


Flutter Suppression System ^ 

The flutter suppression system implemented on the delta-wing model was 
based on the aerodynamic energy concept described in reference 4. The imple- 
mentation of this method used both leading-edge and trailing-edge control 
surfaces. The deflections of these control surfaces are related to the dynamic 
motions of the wing through a control law which relates control surfaces 
rotations to wing displacement and rotation. The resulting matrix equation is 
shown in figure 3. The elements of the C and G matrices are real numbers whose 
magnitudes are determined by aerodynamic energy considerations. In theory it 
is possible to determine values of the C and G matrix elements so that for all 
allowable wing motions energy is always transferred from the wing to the 
surrounding airstream and flutter cannot occur. However, in practice it is not 
necessary that flutter be precluded from occurring at all flight conditions, 
but only that the flutter speed be increased by some predetermined amount. 

That is, flutter cannot occur within some specified flight envelope. 

Control lav7S .- Three different control laws were used for the delta-wing 
model. The three control laws are shown in figure 4. The first two (A and B) 
used both leading-edge and trailing-edge control surfaces. Control Law C used 
only a trailing-edge surface. Since the initial part of the study was aimed 
at demonstrating the basic aerodynamic energy concept, the first control law 
(Control Law A) used was that given in reference 4. The values used for the 
C and G matrix elements were the same as those Nissim developed by using two- 
dimensional unsteady aerodynamic theory. Control Law B was similar to the 
first except that three-dimensional unsteady aerodynamic theory (doublet 
lattice method) was used to determine the terms in the C and G matrices. Con- 
trol Law C was also developed by using three-dimensional aerodynamics, but used 
only the trailing-edge control surface. In implementing both Control Laws B 
and C on the model, some difficulties were encountered. In effect, the 
system was so sensitive that if the model was disturbed in still air the con- 
trol surfaces would begin to oscillate and drive the model. The exact reason 
for this problem has not been determined, but it is believed to be due to 
inertia coupling between the control surface and the wing portion of the model. 
This difficulty was cured by compromising the analytical values for the coef- 
ficients in the G matrix. The original G matrix values are shown in parentheses 
in figure 4. Analytical study results indicated that the required adjustment 
in G matrix values had little effect for Control Law C. However, for Control 
Law B there was a considerable degradation of the expected flutter dynamic 
pressure increase when the G matrix values were decreased. However, Control 
Law B still gave better performance in terms of increase in flutter dynamic 
pressure than that calculated for Control Law A. 
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Implementation . - Some of the physical components of the flutter suppres- 
sion system are shown in the photograph presented in figure 5* A simplified 
block diagram of the system is presented in figure 6* The wing motion was 
sensed by two accelerometers that were located in line with the inboard edges 
of the control surfaces. The accelerometers were located at 30 and 70 percent 
of the chord. The accelerometer output signals were fed through signal con- 
ditioning equipment to an analog computer which was located in the tunnel 
control room. The aerodynamic energy control law was programed on the analog 
computer. The integration and differencing operations required to process 
the acceleration signals were also programed on the computer. (A portion of 
the analog computer may be seen in the upper left of figure 5.) The analog 
computer processed the accelerometer signals to determine appropriate actuator 
command signals. Command signals were passed to hydraulic servovalves which 
were mounted in the fuselage fairing at the model root. The servovalves con- 
trolled the supply of hydraulic fluid to miniature actuators that were mounted 
in the model at the inboard edge of each control surface. Control surface 
angular position was determined by using miniature silicon solar cells attached 
to each actuator shaft. Hydraulic and electric lines were routed to the 
actuators and sensors in trenches cut into the balsa wood which covered the 
aluminum insert. The model was also equipped with several resistance wire 
strain-gage bridges which were used to monitor model response. Although it is 
not indicated in figure 6, provision was provided for introducing external 
command signals to the control surfaces. External command signals to the 
trailing-edge surface were used for performing frequency sweeps and could be 
introduced with the flutter suppression system either operating (closed-loop) 
or not operating (open-loop) . 

Control surface actuators .- Initially it was decided to mechanize the 
control actuation system with an electromechanical system. The original con- 
cept was to mount an electric torque motor external to the model (inboard of 
the model root) and transmit the torque to the control surface by mechanical 
shafting. Considerable design effort with accompanying laboratory experimenta- 
tion was expended in trying to come up with a satisfactory electromechanical 
system with little success. The major difficulty was associated with the 
shafting which had to exhibit little wind-up yet be light weight and not con- 
tribute any appreciable increase in stiffness to the basic wing. Finally, it 
was decided to switch to a hydraulic actuation system with the actuators 
located in the model at the control surfaces. Since no miniature hydraulic 
actuators existed that were small enough to fit within the model aerodynamic 
contour and provide the required torque, not to mention the light weight 
requirement, it was necessary to design and fabricate special actuators. The 
actuator design and fabrication is described in reference 9. The actuator is 
essentially a closed compartment that is separated into two chambers by a vane 
which rotates on a shaft that attaches to the control surface axle. The amount 
of shaft rotation is determined by the difference in hydraulic pressure between 
the two chambers. The actuator weighs 56.7 grams (0.125 lb) and is capable 
of providing a 4.52 N-M (40 in-lb) torque output with a 6.9 x 10^ kN/m^ 

(1000 Ib/in^) supply pressure over the frequency range from 0 to 25 Hz. A 
photograph of an assembled actuator attached to the trailing-edge control sur- 
face is presented in figure 7. The development of these miniature actuators 
represents a significant contribution to active control modeling and is not 
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limited to the delta-wing model application. In fact, similar actuators were 
used in the C-5A study to be discussed later in this paper. It was also 
necessary to design and fabricate special control-surface position indicators. 
Here again the space available was one of the most significant design con- 
straints, The new position sensor (ref, 9) is a rather simple device that 
uses two silicon solar cells that are mounted on a common base that is 
attached to the actuator shaft* The solar cells are illuminated by a sta- 
tionary light source. The intensity of the illumination changes as the shaft 
rotates j and a voltage is produced which is linearly proportional to the 
tangent of the shaft rotational angle. 

Control surface location .- Since the specific aerodynamic energy control 
law developed in reference 4 was based on two-dimensional unsteady aerodynamic 
theory, it was necessary to conduct an analytical study to determine an 
appropriate location for the control surfaces. This study is described in 
reference 10, and some of the results are shown here in figure 8, Three pos- 
sible control surface locations were considered as well as different locations 
of the model motion accelerometer sensors. In all cases the accelerometers 
were located at 30 and 70 percent of the local chord. The combination of 
control surface and sensor locations used for the delta-wing model was the mid- 
span surfaces with the accelerometers alined' with the inboard edge of the 
surfaces. This combination gave the second best increase in flutter dynamic 
pressure. The most improvement was obtained for outboard control surfaces and 
outboard sensor locations, but the use of this combination would have been very 
difficult since the wing was very thin in this region. It should be pointed 
out that the mathematical model used to generate the data presented in figure 8 
was slightly different from the final delta-wing model so the expected flutter 
dynamic increase for the model would not be expected to be exactly those 
shown in the figure. 


Test Techniques 

Wind tunnel .- As was the case for all of the model studies described in 
this paper, the delta-wing model was tested in the Langley Research Center 
transonic dynamics tunnel. This facility is specially designed for and almost 
totally dedicated to the testing of dynamic aeroelastic models. The closed- 
circuit, single-return tunnel has a 4,88-m (16-foot) rectangular test section 
with flow expansion slots in all four walls. The tunnel flow conditions are 
continuously controllable over the Mach number range from about 0.07 to 1.2 at 
total pressures from near vacuum to slightly above one atmosphere. Either air 
or freon may be used as the test medium. All results reported herein were 
obtained by using freon. 

Subcritical response ,- In active flutter suppression studies it is not 
only desirable to determine actual flutter data points, but it is also neces- 
sary to determine stability information at conditions below the flutter 
boundary. The desired information is the damping of the critical flutter mode. 
Two techniques have been used with considerable success for determining sub- 
critical damping levels. Both methods are based on the assumption that the 
response is that of a single-degree-of-f reedom system. The first technique is 
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based on the procedure described in reference 11 and is referred to as 
"randomdec,” Unlike most subcritical response procedures, randomdec does not 
require that the system be excited by special shakers, but depends on flow 
turbulence to supply the necessary input. The randomdec method is illustrated 
schematically in figure 9. The system response is assumed to be composed of 
three components - the responses to a step, to an impulse, and to a stationary 
random force. The system response to a step force is obtained by an ensemble 
average of a number of time sweeps, since the response to an impulse and to a 
random force average to zero. The time averaging was accomplished by using a 
small special-purpose computer. In the implementation here the different time 
segments were averaged sequentially. That is, the computer processed all the 
results for one time sample before beginning to collect the average data for 
the next sample. The averaging process for each time sample was started when 
the output signal reached a predetermined level. The model sensor output was 
passed to a gating circuit. When the preset signal level was reached, the gate 
was opened and the signal passed to the computer and averaged with values from 
previous samples. Electronic filters were used to isolate the frequencies of 
modes of interest. The averaged signal has the appearance of the damped oscil- 
lation of a single-degree-of-f reedom system. The system damping is obtained 
from this decaying oscillation. Although the randomdec method has been used 
quite successfully in many cases to determine subcritical damping level, the 
method is not free from p"roblems. Two difficulties are worthy of mention here. 
The first is noise contamination of the signal. At low levels of flow turbu- 
lence, the output of the model response sensor is relatively low. However, 
since the electronic noise level. is independent of sensor output, the signal- 
to-noise level is relatively low and the result is low-quality decay signatures 
Fortunately, this difficulty is most severe at conditions removed from the 
flutter condition. As the flutter condition is approached the system response 
naturally increases and the signal-to-noise level increases. The second prob- 
lem is when there are two or more structural frequencies in close proximity 
to one another. Although signal filtering is useful, it is very difficult to 
completely filter out the unwanted mode. Although the band-pass filter is set 
for a very narrow range of frequency, the signal level outside the band is not 
completely attenuated because of filter roll-off. This results in a beat 
occurring in the randomdec decay signature and makes determining quantative 
values of the damping difficult. The decay looks like that of a coupled two- 
degree-of-freedom system. 

The second technique, described in more detail in reference 12, requires 
the measuring of the forced response of the model. This method is illustrated 
schematically in figure 10 and will be referred to as the Co-Quad method. The 
model is excited by a sinusoidal force of varying frequency and the correspond- 
ing dynamic response is measured. Special electronic equipment is used to 
resolve the response into in-phase (called Co for coincident) and out-of-phase 
(called Quad for quadrature) components relative to the sinusoidal command 
signal. The damping of the system is obtained for each structural mode from 
the variation of the coincident component transfer function with frequency. 

Each resonant condition is treated as if it were that of a single-degree-of- 
freedom response, and the damping is obtained by using the formula shown in 
the figure. For active control models the Co-Quad method is easily implemented 
since an active controlled aerodynamic surface can be used to provide the 
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sinusoidal force input. For the delta-wing model frequency response data were 
obtained by oscillating the trailing-edge control surface. Co-Quad response 
data were obtained in terms of the ratio of accelerometer output h^ to command 
signal 6^ ^ to the trailing-edge control. The difficulties encountered with 
this method were similar to those described for the randomdec method, namely, 
noise and closely spaced resonant frequencies. However, in contrast to 
randomdec, the noise in this case is not primarily instrumentation noise but 
is the random response of the model which is superimposed on the sinusoidal 
response. The Co-Quad method requires a longer data gathering period than the 
randomdec technique. Typically about 30 seconds were required for randomdec 
while the Co-Quad frequency sweeps of about 4 minutes were used. The Co-Quad 
method is somewhat dangerous to use at conditions very near the flutter condi- 
tion since the addition of the sinusoidal force to a model that already has 
significant response results in extremely large amplitudes as the forcing fre- 
quency sweeps through the critical flutter mode. 

For the delta-wing model both the randomdec and Co-Quad methods were suc- 
cessfully used. In general, the randomdec method appeared to be the better of 
the two methods. The randomdec results, as judged by the qualitative appearance 
of the randomdec decay signature, appear to get better as flutter condition is 
approached. In contrast the Co-Quad method appeared to give the best results 
the farther you were away from the flutter condition. Where damping data were 
obtained by using both methods, the results were within what would be expected 
to be the experimental scatter band. 


Results 

Flutter .- Flutter studies of the delta-wing model were conducted at Mach 
numbers M of 0.6, 0.7, 0.8, and 0.9. Tests were performed both with (closed- 
loop) and without (open-loop) active controls. For the open-loGp studies the 
control surfaces were kept at 0® deflection by applying hydraulic pressure to 
the actuators. The pressurized system acted as a stiff spring to keep the 
rotational frequency of each control surface many times higher than the wing 
flutter frequency. Once the open-loop flutter boundary of the wing was 
established, an evaluation of the effects of each of the three control laws on 
raising the boundary was made. However, studies for Control Laws A and B were 
restricted to M = 0.9 because of a high-frequency, large-amplitude oscilla- 
tion of the leading-edge control. This phenomenon occurred around 65 Hz, as 
compared to the flutter frequency of from 11 to 12.5 Hz. It is believed that 
oscillatory motion was introduced in some manner by the mechanization of the 
leading-edge control, and was not a consequence of the control law, since the 
motion was also observed to a lesser degree with the control loop open. 

A comparison of calculated and experimental results showing the effect of 
each control law on raising the open-loop flutter boundary is presented in 
figure 11. The results are presented in terms of percent increase in dynamic 
pressure at M = 0.9. By using Control Law A a 12-percent increase in dynamic 
pressure was obtained. The observed flutter motions for both open- and 
closed-loop operations were similar. The calculated increase for Control Law A 
is in excellent agreement with the experimental values . An earlier analytical 
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treatment for this eontrol law was reported in reference 3 and showed a 
21-percent increase in the flutter dynamic pressure. The differences between 
theory and experiment in reference 3 were attributed in part to the inability 
of the aerodynamic theory to adequately predict control surface pressure dis- 
tributions. Early in the design of the delta-wing model static hinge-moment 
measurements were made to aid in the design of the control actuators. It is 
shown in reference 13 that the calculated values of hinge moment are somewhat 
higher than those that were measured. For the present analytical investigation 
the theoretical unsteady aerodynamic forces for the leading- and trailing-edge 
control surfaces were adjusted to take into account the differences between 
measured and calculated static hinge moments. The analytical results for 
Control Law B indicate a predicted increase of 24 percent. The experimental 
results demonstrate a minimum increase of 22 percent. Experimental results for 
Control Law B do not represent a closed-loop flutter point since further 
increases in dynamic pressure were restricted by the high-frequency oscillation 
of the leading-edge control surface mentioned earlier. Of the three control 
laws investigated, the largest increase in flutter dynamic pressure was 
obtained with Control Law C. A minimum increase in dynamic pressure of 30 per- 
cent was obtained with this control law. The model was not tested to the 
closed-loop flutter condition since the goal for these tests was set at a 
30-percent increase in dynamic pressure assuming that closed-loop flutter was 
not encountered. The analytical results indicate a 34-percent increase. 

The effectiveness of Control Law C in suppressing the flutter motion is 
vividly demonstrated by the time history of the wing bending strain-gage out- 
put shown in figure 12. Time is increasing from left to right. The tunnel 
dynamic pressure was slowly increased until open-loop flutter occurred (see 
left of figure) . At this point the flutter suppression system was turned on 
as is indicated by the vertical dashed line on the right side of the figure. 

Note that when the system is turned on, oscillatory flutter motion is rapidly 
damped to a closed-loop no-flutter condition. The degree of confidence in the 
control system was such that when open-loop flutter was encountered, the active 
control loop was closed to suppress the motion. 

In order to evaluate the active control system at other Mach numbers. 
Control Law C was both analytically and experimentally studied from M = 0.6 
to M = 0.9. The results obtained are presented in figure 13 in terms of the 
variation of flutter-speed- index parameter with Mach number. The experimentally 
measured open-loop flutter boundary and the closed-loop no-flutter points for 
each Mach number are presented. At M = 0.8 a 9.4-pereent increase in flutter- 
speed- index (20 percent in d 3 mamic pressure) is shown. Unfortunately, at this 
point the model was damaged due to saturation of the closed-loop system because 
of limited available actuator angles (±9®). Saturation caused the analog com- 
puter amplifiers to overload and forced the control surface to go hard against 
its stop resulting in open-loop flutter. The model was repaired and tested at 
Mach numbers of 0.7 and 0.6. A modest increase in flutter-speed- index of 
5.7 percent (12 percent in dynamic pressure) was demonstrated at these two 
Mach numbers. 

A comparison of calculated and experimental results (Control Law C) is 
also presented in figure 13. The calculations for the open-loop system show 
reasonable agreement at all Mach numbers. 
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Subcritical response , - Some subcritlcal response data obtained by using 
the Co-Quad technique are presented in figure 14 for a Mach number of 0.90. 

Both the in-phase and out-of-phase response in terms of the ratio of accelerom- 
eter output h^^ to trailing-edge command signal ^ are presented. The 
curves on the left of figure 14 represent the model for open-loop operation at 
a dynamic pressure approximately 5 percent below the open-loop flutter boundary. 
The curves to the right in this figure show the model closed-loop response 
(Control Law C) at the open-loop flutter dynamic pressure. A qualitative 
measure of the active controls in reducing the forced response of the system 
is evident by the reductions in peak amplitudes around the flutter frequency 
of 11 Hz. Also shown in figure 14 are calculated response data. Note that 
the analysis does predict well the general behavior of the response. For these 
calculations, the effectiveness of the trailing-edge control was reduced by the 
ratio of measured- to-calculated static hinge moments. 


B-52 MODEL STUDY 


General 


The planned B-52 model program includes studies in four active control 
areas. These areas are flutter mode control, ride quality control, maneuver 
load control, and relaxed static stability. To date a portion of the planned 
flutter mode control (FMC) and ride quality control (RQC) tests have been 
completed. The completed flutter suppression and ride quality control wind- 
tunnel tests are described herein. The flutter mode control portion of the 
model program is being conducted in cooperation with the Air Force Flight 
Dynamics Laboratory with contractual support being supplied in all four areas 
by The Boeing Company, Wichita Division. 

The B-52 model program actually began in the late 1960 's when a 1/30-size 
dynamically scaled aeroelastic model of the B-52E aircraft was constructed for 
use in symmetric gust studies in the transonic dynamics tunnel. Although pro- 
vision was provided for incorporation of active controlled midspan ailerons 
and elevator in this original model, only gust response studies without active 
control were conducted. The results from these tests are not published. With 
the initiation of the B-52 CCV airplane program, it was decided to convert the 
B-52E model to a model of the CCV aircraft and expand the model program to 
include the four active control areas mentioned above. The B-52 CCV airplane 
program is described in reference 14, and some flight results are presented in 
reference 15. These CCV model tests offer the unique opportunity of validating 
wind-tunnel model techniques since flight data would be available for comparison 
x-^ith the model results. Although some modifications to the structural stiffness 
and mass were required in converting the original model to a CCV model, most of 
the modifications were associated with the installation of new aerodynamic 
control surfaces which included outboard ailerons, flaperons, and a pair of 
fuselage-mounted horizontal canards. A photograph of the complete free-flying 
model mounted on the two-cable suspension system in the transonic dynamics 
tunnel is presented in figure 15. 
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The objectives of the B~52 model wind-tunnel tests were to demonstrate the 
effectiveness of the FMC system and the RQG system, and to obtain data for 
correlation with analysis and airplane flight results. The design of the model 
systems was based on the corresponding CCV aircraft systems. The FMC system 
used active controlled flaperons and outboard ailerons. A pair of fuselage- 
mounted horizontal canard surfaces was used for the RQC system. The locations 
of the control surfaces are shown in figure 16. The feedback loops for both 
systems were implemented on an analog computer. The model control surfaces 
were actuated by using an electromechanical system. 


Design and Construction 

Scaling .- The B-52 model was a 1/30-size dynamically scaled aeroelastic 
model of the B-52 CCV airplane. The model weighed about 26 kg (57.75 lb) and 
had a wing span of 188 cm (6.16 ft). The model was designed to match the 
dynamic similitude parameters of reduced wavelength, mass ratio, and Froude 
number. Some of the scaling relationships and corresponding model/airplane 
flight conditions are presented in figure 17. Since the airplane flight condi- 
tions are at relatively low Mach numbers where compressibility effects are 
small, it was not considered necessary to match the Mach number between the 
airplane and the model. It is fortunate for the B-52 model study that flight 
conditions were at relatively low speeds since Mach number and Froude number 
scaling are difficult to satisfy simultaneously while still matching both 
reduced wavelength and mass ratio. A discussion of the conflicting require- 
ments of Mach number and Froude number scaling is presented in reference 2. 


Construction . - The construction technique used for the B-52 model was one 
that has been successfully used for a number of years in building aeroelastic 
models. Some details of the model construction are shown in figure 18. 

Aluminum alloy spars and beams were used to provide the basic stiffness of the 
wings and fuselage, respectively. Segmented pods constructed of wood frames 
covered with thin plastic sheets were attached to the spars and beams ”to pro- 
vide the proper aerodynamic contour. The empenfiage was not elastically scaled. 
Both the horizontal and vertical tail were relatively stiff, but did have the 
proper total weight and center-of-gravity location. The engine nacelles were 
rigid streamlined bodies that had the proper inertia properties. The nacelles 
were attached to the wing spars by flexible beams which simulated the pylon 
stiffness. External fuel tanks were attached near the wings tips. The tanks 
were ballasted to simulate the mass that had to be added to the airplane to 
produce a flutter condition within the airplane operating boundary. 


Test Techniques 

Mounting system .- The B-52 model was mounted in the transonic dynamics 
tunnel by using a modified version of the two#cable suspension system described 
in reference 16. A portion of the cable support system is shown in figure 15. 
The model was supported by two cable loops, called flying cables, which were 
attached to the model at a common point. The cables were routed through low 
friction pulleys located on the tunnel walls . The forward cable loop was in 
the vertical plane, and the aft cable loop was in the horizontal plane. The 
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cables were kept under tension by stretching a soft spring in the rear loop. 

This mount system provided freedom for the model to translate laterally and 
vertically and to rotate about the pitch, roll, and yaw axes. In additon to 
the flying cables, four additional cables were attached to the model to provide 
emergency restraint (see fig. 15). These snubber cables extended out through 
the tunnel walls to a shock absorber system and a remotely controlled actuator. 
These cables were slack during normal test operations. The model was essentially 
flown in the tunnel test section on the mount system by a pilot located in the 
tunnel control room. For this model the pilot remotely operated the horizontal 
stabilizer to provide pitch control. For many models, external roll control is 
also provided, but this was not done for the B-52 model. Proper roll attitude 
(wings level) was obtained by manually setting small trim tabs located on each 
wing by a trial-^and-^error process. Once a satisfactory tab setting was obtained 
during the first test run, it was not necessary to change the setting for later 
runs. 


For flutter model testing the primary mount system design requirements are 
that the model must be stable on the mount system, and that the frequencies of 
all rigid body modes must be well separated from the frequencies of the struc- 
tural modes. For longitudinal ride quality control studies, there is the addi- 
tional requirement that the short-period mode must be simulated as accurately 
as possible. Since the two-cable system introduces some spring restraints to 
the model that do not exist in free flight, the short-period mode is affected, 
and an additional rigid body mode (primarily a vertical translation mode) is 
added. In designing the B-52 model mount system, particular attention was given 
to properly simulating the airplane short-period mode and to keeping of the 
rigid body translational mode frequency as low as possible. 

Flutter mode control (FMG) For the most part the wind-tunnel test tech- 
niques used for the B-52 model FMC studies were the same as those used for the 
delta wing. Both the randomdec and Co-Quad subcritical response techniques 
were used. Some additional techniques were also used in an effort to determine 
subcritical damping from transient response data. In one technique the model 
was disturbed by sinusoidally driving the aileron and then abruptly removing 
the driving force to give a transient response. In another method a transient 
response was generated by driving the elevator with a one-cycle sine wave pulse. 
Neither of these two methods was very satisfactory for determining damping data 
since the transient response was almost, sometimes totally, obscured by the 
response of the model to tunnel turbulence. It is interesting to mention that 
transient response methods were satisfactorily used to determine damping during 
the B-52 CCV flight tests. Apparently the ratio of turbulence response to 
control surface input response was higher for the model than for the airplane. 
The lack of success with transient methods for the B-52 model does not mean that 
transient response damping determination techniques cannot be developed for 
model use, but rather means that more development work needs to be done. 

Ride quality control (RQC) .- Part of the RQC tests were accomplished by 
using an airstream oscillator system to provide a symmetric sinusoidal gust 
input to the model. The oscillating vane system consists of a set of biplane 
vanes installed on each side wall in the entrance cone to the tunnel test sec- 
tion. The vane system is shown in figure 19. The vanes are sinusoidally 
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oscillated (either syiniaetrically or antisyinmetrically) through mechanical 
linkages by a hydraulic motor and flywheel arrangement. A vertical velocity 
component is induced in the flow in the center portion of the test section 
by the trailing vortices from the vane tips. The installation and early use of 
the vane system in the transonic dynamics tunnel is described in reference 17. 
The gust vane system has been calibrated and some typical results are presented 
in figure 20 in the form of a contour plot. The data shown are the variation 
of flow angle of attack with frequency and lateral position across the tunnel. 
Note that the gust angle decreases rapidly with increasing frequency and that 
there is some variation in flow angle with lateral position. Model response 
measurements were made with the RQS system on and off while the airstream 
oscillator system frequency was varied from 1 to 16 Hz. Also, frequency sweeps 
were made using external sinusoidal command signals to the model canards. The 
canard frequency was continuously varied over the frequency range from 4 to 
24 Hz. Transfer functions were determined using the Co-Quad technique. 


Active Control Systems 


The B-52 model used active controlled outboard ailerons and flaperons for 
the FMC system. A pair of horizontal canards were used for the RQC system. 

The actuation systems for all of these surfaces were of the electromechanical 
type as opposed to the electrohydraulic system used on the airplane. The con- 
trol surfaces were actuated by electric torque motors mounted in the model 
fuselage. The motors mechanically connected to the control surf^es through a 
rather complex mechanism of linkages. The complexity of the system can be seen 
by examining the photograph shown in figure 18. A more detailed description of 
the actuation system is presented in reference 10. The control laws were 
implemented and an analog computer located in the tunnel control room. Each 
control law was wired to a separate removable patch panel. { 

FMC system .- The design of the FMC system was based on the results of 
previous experience and analyses of the B-52 airplane. These results indicated 
that stabilizing aerodynamic forces are produced over the entire flutter oscil- 
lation cycle when the incremental lift generated by the control surfaces lags 
"^the wing displacement by 90°. Thus, the FMC feedback system was designed to 
produce the required phase lag between lift and displacement at tha flutter 
frequency. The airplane FMC system is described in reference 18. A simplified 
block diagram of the model FMC system is presented in figure 21. The FMC system 
was redundant since there were two independent feedback loops. The first loop 
used the outboard ailerons as the active aerodynamic surfaces. Accelerometer 
signals from both the left and right wings were averaged and passed through a 
shaping filter to generate the aileron feedback command signal which was routed 
to the single aileron actuator. The flaperon loop was similar to the aileron 
loop except that each flaperon had its own actuator. In concept the^^ model and 
B-52 CCV airplane systems are the same, the only difference is in the actuator 
dynamic characteristics. That is, a comparison of the two transfer functions 
would show a difference. However, over the frequency range of interest, the two 
actuators do have similar dynamic characteristics. Note that provision was pro- 
vided at summing junctions (see upper left of fig. 21) for introducing external 
command signals to the actuators. The external command signals were used to 
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drive the control surfaces for model excitation. The command signals can be 
used when the FMC system is either operating (closed-loop) or not operating 
(open-loop). 

RQC system .- The RQC system was designed to provide about a 30-percent 
reduction in the RMS vertical acceleration level at the pilot’s station. A 
simplified block diagram of the RQS system is presented in figure 22. Pilot 
station acceleration signals are fed back through a shaping filter to produce 
the required canard command signals. In the RQC system it was necessary to add 
compensation to account for the differences in dynamic characteristics between 
the model and airplane actuators. The design of the model RQC system is 
described in reference 19. 


B-52 Results 

FMC system .- The primary objectives of the model FMC system studies were 
to establish the open-loop (FMC off) flutter velocity, to demonstrate the 
ef fectiveness of the closed- loop system (FMC on) , and to obtain data for cor- 
relation with model analysis and full-scale flight tests. 

During the FMC studies the open-loop flutter velocity was determined, and 
both open- and closed-loop subcritical response measurements were made above 
and below the open-loop flutter velocity. As described previously, several 
experimental techniques were used for determining the subcritical response 
characteristics. In general, the most useful results were from the forced 
response Co-Quad technique. Representative measurements of the in-phase and 
out-of-phase components of the wing acceleration 78.3 aileron command 

displacement ^ as a function of frequency are shown in figure 23. These 
results are approximately 6 percent in velocity below the measured open-loop 
flutter point. The curves to the left on this figure are the frequency 
response of the open-loop system; the curves to the right represent the closed- 
loop response. The effectiveness of the FMC in reducing the forced response 
of the system is readily apparent by comparing the resonant response peaks of 
the open- and closed-loop systems. 

The randomdec technique worked best as the flutter speed was closely 
approached and the damping in the flutter mode became very small. It was 
especially useful here since it was considered hazardous to apply external 
excitation., A typical response time history trace for the right wing accel- 
erometer 47. 8 > associated randomdec signature, taken approxi- 

mately 3 percent in velocity below the flutter point, is shown in figure 24. 

A comparison of calculated and measured flutter mode damping versus air- 
speed for the model is presented in figure 25. The measured values were 
obtained from the forced response technique while the calculated values were 
obtained from the characteristic roots of the equations of motion. The compar- 
ison shows the analysis to be conservative by about 10 percent in predicting the 
open-loop flutter velocity. This difference may be attributed in part to the 
fact that the measured structural damping of the model was somewhat higher than 
the damping used in the flutter analysis. Both experimental and analytical 
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results show that the FMG system provides a substantial increase in damping 
near the open-loop flutter velocity. The measured closed-loop data show the 
system to be less effective than analytically predicted. This difference is 
believed to be due to hystersis in the outboard aileron actuator system com- 
bined with a reduced effectiveness of the control surfaces that were not 
accounted for in the analysis. The maximum velocity tested with the closed- 
loop system was 48.3 m/sec (158 ft/ see); however, no damping values were 
measured above 47.2 m/sec (155 ft/sec) (indicated by a dashed line in fig. 25) . 

A comparison of measured flutter mode damping versus airspeed for the 
model and full-scale airplane is shown in figure 26 in terms of airplane 
velocity. The airplane damping values were obtained from transient response 
records. As indicated in this figure the model open-loop flutter speed is 
about 7.9 percent higher than the airplane flutter speed. This difference is 
attributed to minor variations in model mass and stiffness from the required 
values combined with some cable-mount effects on the rigid body dynamics of 
the model. The caleulated airplane flutter speed was about 8.3 percent below 
the measured point. Thus a consistency does exist between measured and calcu- 
lated flutter velocities for both the model and airplane in that the analysis 
was conservative in both cases by about the same amount. The data in figure 26 
show that the model and airplane have the same closed-loop damping trends. In 
both cases the closed-loop system significantly increases the damping near the 
open-loop flutter velocity. Although some differences in damping level do 
exist, it is felt that the correlation between model and airplane is quite 
reasonable. As indicated in the figure, both the model and airplane were 
tested above the open-loop flutter velocity. 

RQC system .- The objectives of the RQC studies were to demonstrate the 
effectiveness of a ride control system in reducing the acceleration at the 
pilot ^s station and to obtain data for correlation with analysis and full- 
scale flight. During the RQC studies the open-loop (RQC off) and closed-loop 
(RQC on) response of the model to external excitation was measured. The first 
series of tests that were performed involved measuring the response of the 
model to a sinusoidal gust field generated by the oscillating vanes. The fre- 
quencies of the primary modes of interest were at 2, 13, and 17.5 Hz. Sample 
results obtained from the in-phase and out-of-phase components of the pilot 
station acceleration Z^ose ^ function of vane frequency are presented in 
figure 27. The curves to the left are the open-loop response; the curves to 
the right, the closed-loop response. Attenuation of the closed-loop response 
around 2 Hz is apparent. However, the response in the IS-'Hz mode is so low 
that the effect of the ride control system is not obvious. These results for 
the higher modes are due to the fact that the effectiveness of the oscillating 
vanes in generating the gust field falls off rapidly at the higher values of 
frequency (see fig, 20) . The canard surfaces were used to generate the excita- 
tion for the higher modes. Results at the same test condition obtained from 
a canard frequency sweep are shown in figure 28. The canard amplitude was 2°. 
The data are presented for both the open- and closed-loop system in terms of 
the ratio of pilot station acceleration ^xiose canard command signal 6^ ^ 

as a fiinction of canard frequency. The effect of the RQC system on the higher 
modes is now evident. It appears that some combination of testing techniques 
is required to accurately define the system response curves. 
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C-5A ALDCS MODEL STUDY 


General 

In an effort to reduce wing fatigue damage and thereby prolong the service 
life of the C~5A fleet* the Air Force has contracted with the Lockheed-Georgla 
Company to develop and flight test a C-5A airplane with an active lift distri- 
bution control system (ALDCS) . This system is designed to reduce the incre- 
mental inboard-wing stresses experienced during gusts and flight maneuvers. 

The ALDCS uses existing controls on the airplane - ailerons to unload the 
wing tips and elevators to keep the airplane in trim. Specific design goals 
for the ALDCS are to reduce the symmetric flight incremental wing root bending 
moment by at least 30 percent while limiting any increase in torsional moment 
to less than 5 percent. A detailed description of the airplane ALDCS is pre- 
sented in reference 20. 

A wind-tunnel study of a dynamically scaled aeroelastic model equipped 
with the proposed ALDCS was undertaken for the following objectives: (1) to 

determine the ALDCS effectiveness; (2) to investigate the adverse coupling of 
structural modes due to the ALDCS, particularly wing flutter; and (3) to 
obtain experimental data for correlation with analysis and to guide flight 
tests. A photograph of the 1 /22-size model used in the study is presented in 
figure 29. The model program was a joint effort of the Air Force, the Lockheed- 
Georgia Company, and the Langley Research Center. The model study was per- 
formed concurrently with the development of the airplane ALDCS and was com- 
pleted within a 9-month period prior to the beginning of airplane flight tests. 
Basically, the model program involved the modification of an existing 1/22-size 
flutter model to match Froude number scaling, the incorporation of the ALDCS 
in the model, and wind-tunnel tests in the transonic dynamics tunnel. 

Some unique features of the C-5A model study were that it was the first 
scaled model study of a lift distribution control system, and the model had 
an onboard hydraulic system. This hydraulic system included pump, fluid 
cooling system, and servovalves that powered the control surface actuators. 

The weight of this system (about 16.3 kg or 36 lb) was absorbed as onboard 
cargo in the fuselage. The C-5A model study required the application of many 
specially developed wind-tunnel systems and model technologies such as (1) the 
two-cable suspension system for minimum restraint to permit the model to be 
essentially free-flying, reference 16; (2) although not used, a special roll 
control system was available which altered the mount system cable angles in 
case the aileron deflections needed to keep the model in roll trim because 
excessive, reference 21; (3) a lift-simulation (cable-pneumatic spring) device 
that provided the capability of varying the model lift coefficient for given 
test conditions, reference 22; (4) an oscillating vane system which generated 
sinusoidal gusts, reference 17; and (5) aileron actuators on the model wing 
which were basically duplicates of those developed for the delta-wing flutter 
suppression model previously described. 
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Model 


Scaling .- Although a 1/22-size flutter model of the complete C-5A airplane 
was available from earlier flutter clearance studies in the transonic dynamics 
tunnel^ the decision was made to rescale and modify the model to match the 
airplane Froude number. This allowed a closer simulation of the aerodynamic 
loading and dynamic characteristics of the airplane, thus, a better evaluation 
of the ALDCS could be made. For a Froude number scaled model, the mass ratio 
and reduced wavelength are also matched at the selected design test conditions. 
The model scaling factors were derived so that Froude number was matched for 
the model at a Mach number of 0.263 and a dynamic pressure 2.394 kN/m^ 

(50 lb/ft2) in the wind tunnel with freon as the test medium. The correspond- 
ing airplane flight conditions were a Mach number of 0.58 and a dynamic pres- 
sure of 19.87 kN/m^ (415 Ib/ft^) which corresponded to an altitude of 1524 m 
(5000 ft) . It was assumed that at these relatively low subsonic Mach numbers 
the compressibility effects were not important and that there would not be any 
significant differences between the aerodynamic characteristics of the model 
and the airplane. 

Design and construction .- The C-5A ALDCS model was designed to scale two 
airplane configurations, wing fuel loadings of 0 ^and 33 percent with approxi- 
mately 113 400 kg (250 000 lb) of cargo for both cases. The 1/22-size model 
had a wing span of 3.037 m (9.96 ft). The 0-percent fuel configuration weighed 
65.1 kg (143.5 lb), and the 33-percent fuel configuration weighed 77. 2 kg 
(170.2 lb). To minimize costs, components of an existing flutter model were 
used as much as possible in the ALDCS model. A spar and pod type of construc- 
tion was used. Some of the construction details are shown in figures 30 and 31 
The metal spars carried the structural loads and simulated the stiffness 
characteristics. The balsa wood pods duplicated the aerodynamic shape and 
were ballasted (with the spars) to simulate the mass characteristics. The 
ALDCS model required close simulation of the wing properties. Therefore, new 
wing spars, engine-pylon spars, and fuselage spars were constructed. (The 
fuselage signficantly affected the wing dynamics.) Some new wing and fuselage 
pods were also constructed. The existing flutter model empennage was used in 
the ALDCS model; consequently, the empennage stiffness was not properly scaled. 
In reworking the empennage to incorporate the horizontal tail active control 
mechanism, an attempt was made to simulate the required sealed mass properties 
of the overall empennage; however, the final empennage was considerably under 
weight. The ailerons were scaled and eonsisted of a metal spar covered with 
balsa wood which was faired to give the proper scaled aerodynamic shape. The 
aileron-wing gap was not sealed on the model, although the gap was kept as 
small as practical. 

With the exception of the empennage, the model simulated the mass and 
stiffness of the airplane quite well, including the important wing structural 
mode frequencies and mode shapes . It was concluded that the model adequately 
represented the airplane for the purposes of the ALDCS study. 

Control systems .- The aerodynamic surfaces used for active controls on 
the C-5A airplane consisted of the ailerons and the elevators. However, for 
practical model design considerations, the all-movable horizontal tail was used 



to provide active pitch control instead of the elevators. An appropriate com- 
pensation was made in the control law to account for this difference. 

All active control surfaces on the model were actuated by an onboard 
hydraulic system. The aileron actuators were of the same design as those 
used for the delta-wing research model described earlier. The aileron also 
could be remotely controlled (by the model pilot) to permit static roll trim 
control. The tail actuator controlled the dynamic pitch angle of the complete 
horizontal stabilizer and was simply a hydraulically actuated piston (see 
fig. 30) . The piston housing was mechanically coupled to an electric motor 
drive system (also controlled by the pilot) which could move the complete 
piston unit and thus vary the tail static pitch angle for model pitch trim. 

The piston drove the tail dynamically and worked against two coil springs which 
attempted to keep the piston in a centered position. In the event of a hydrau- 
lic failure, the centering springs would keep the horizontal stabilizer at its 
static trim setting, whereas the ailerons would tend to become free-floating 
and self -alining with the wing count our. 

The power for the hydraulic system was provided by an onboard hydraulic 
pump (see fig. 31). This pump was an aircraft system that was adapted to the 
model and had an output pressure of 11.3 x 10^ kN/m^ (1600 Ib/in^) • For 
lengthy operation of the hydraulic system, it was necessary to cool the hydrau- 
lic fluid, and a water cooling jacket was provided onboard the model. The 
water was externally pumped to the jacket through flexible plastic hoses which 
were secured to the ins trumentation umbilical cord. 

Servovalves were used to control the hydraulic pressure supplied to the 
control surface actuators . These valves were of the same type as those used 
for the delta-wing model. The model actuation system was compensated by 
electronic circuitry to give frequency response characteristics that closely 
matched the transfer functions of the airplane actuators. 

Instrumentation . - Bending and torsional moments on the model were measured 
by using resistance-wire strain gages mounted at several spanwise stations on 
the wings and at the roots of the vertical and horizontal tail surfaces. 

Aileron hinge moments were measured by using strain gages mounted on each 
aileron pivot arm. Vertical acceleration on each wing near the aileron and at 
the fuselage center of gravity was measured by using accelerometers. Fuselage 
angle of attack was measured by using a servoaccelerometer. The angular posi- 
tion of each control surface was measured by using potentiometers. Fuselage 
center-of-gravity pitch rate was measured by using a pitch rate gyro. Tension 
in the model support cables was measured by using load cells. 


Control Law 

A simplified diagram of the active control systems used in the C-5A ALDCS 
model is presented in figure 32. There were two active control systems operat- 
ing on the model, the basic aircraft pitch stability autmentation system 
(pitch SAS) and the ALDCS. Both commanded symmetric actuation of the control 
surfaces. The pitch SAS employed a feedback from the pitch rate gyro at the 
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fuselage center of gravity to actuate the horizontal tail. The ALDCS employed 
feedbacks from both the pitch rate gyro and the fuselage center-of -gravity 
accelerometer to actuate the horizontal tail and feedbaeks from the wing tip 
accelerometers to actuate the ailerons. Note that the acceleration signals 
from the two wings were summed in order to filter out unsymmetrical motions. 

The capability of supplying external command signals to the control surfaces 
was included. The gains ^^STAB’ ^AIL» ^SAS scheduled signal gains 

manually set according to a predetermined Mach number dynamic pressure schedule. 


Tests and Procedure 

A summary of the C-5A ALDCS model test configuration and test parameters 
is presented in figure 33. The 33-percent wing fuel configuration was tested 
first because this was a more realistic flight condition, and, hence, consider- 
ably more data were obtained with this configuration. The 0-percent fuel con- 
figuration, after a brief ALDCS effectiveness check, was extensively investi- 
gated to determine the ALDCS effect on flutter because this wing configuration 
had the lowest flutter speed (ALDCS off) . 

Model support and test techniques .- The free-flying mount system used for 
the C-5A model was essentially the same as that previously described for the 
B-52 model with the exception that the pulleys were mounted in the model 
fuselage rather than on the tunnel wall. The model was restrained by using 
the snubber cables during the flutter tests at Mach numbers above about 0.7 
because the model was unstable in a Dutch roll type mode. During the dynamic 
load tests, the model was not only snubbed but was also tied down by cables 
attached to the nose and rear of the fuselage. 

In the static aerodynamic studies, the simulated lift device shown in 
figure 34 was employed. Briefly, this device consisted of a single cable 
attached to the fuselage at the model center of gravity which would exert a 
down force to the model as needed. This was accomplished by attaching the 
cable to a piston essentially floating in an air cylinder which was located in 
the plenum outside of the test section. By varying the air pressure on the top 
side of the piston, a down load could be transmitted to the model. In opera- 
tion, as the model angle of attack was varied, the air pressure to the cylinder 
was adjusted to compensate for the additional model lift and to maintain the 
model at its normal flying position near the center of the tunnel. By measuring 
the tension in the cable, the additional lift on the model could be measured. 

Aileron and stabilizer frequency sweeps were extensively employed in the 
dynamics tests. In these sweeps, an external sinusoidal electrical signal 
was supplied to the control system to actuate symmetrically the control surfaces 
and generate aerodynamic forces. The model response to these aerodynamic 
excitation forces was measured. The frequency sweeps ranged from about 0.5 to 
20 Hz. Several control surface amplitudes were used. S^nnmetric aileron and 
stabilizer step/ramp functions were also employed to excite the model. Part of 
the ALDCS ef feetiveness studies involved use of sinusoidal gusts generated by 
the tunnel oscillating vane system. Both symmetric and antisymmetric gusts were 
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used in the tests. The gust vane frequency was varied from 0.7 to 16 Hz. In 
order to reduce the static bending moments, a large portion of the tests were 
performed with the ailerons set at a nominal angle of +5"^ trailing-edge up 
(called uprig angle) . 

Static aerodynamic measurements .- With the model free-f lying and the lift- 
simulation-device cable attached, static aerodynamic data were measured at 
dynamic pressures of 1.92 and 2.39 kN/m^ (40 and 50 Ib/ft^). For each of the 
three aileron uprig angles of 0°, +10°, and -10°, the model was varied through 
the angle-of-at tack range about the normal flying attitude. The added lift was 
compensated for by adjusting the down force in the lift cable. Thus, static 
aerodynamic data, such as model and Cig, and the effect of the aileron 
on the wing lift distribution could be derived. 

Dynamic load measurements .- The purpose of these tests was to determine 
the dynamic wing and empennage loads produced by oscillating the ailerons and 
stabilizer. Data were obtained for aileron and stabilizer frequency sweeps at 
various amplitudes. During these tests the model was restrained by the snubber 
cables and tie-down cables at the nose and rear of the fuselage. This fuselage 
restraint was used in an effort to structurally uncouple the wing and empennage 
approximating a cantilever root condition sp that the experimental data could 
be correlated with analysis where the wing and empennage were treated independ- 
ently as cantilevered structures. 

ALDCS effectiveness tests .- The ALDCS effectiveness tests were made with 
the model free-flying and a nominal aileron uprig of +5°. The effectiveness 
of the ALDCS in reducing wing loads was examined for a variety of test variables 
as shown in figure 33. An earlier version of the control law, identified by 
analysis as destabilizing a higher structural mode, was also tested. 

i 

Flutter tests .- The test procedure was to vary Mach number M and dynamic 
pressure q along an essentially constant total pressure line with the model 
ALDCS off. At discrete points along each constant pressure path, the model 
response to an aileron step was measured. The aileron step was repeated with 
the ALDCS on. These M-q sweeps were initiated at a low density level in the 
tunnel, and the sweeps repeated at higher density levels until the envelope was 
cleared or flutter was obtained. Because of a model Dutch roll type of 
instability on the cable mount, it was necessary to conduct a portion of the 
flutter tests with the model snubbed. 


Results 

The major objectives of the C-5A ALDCS model study were successfully 
accomplished. The model and the active control systems appeared reasonably 
representative of the airplane, and the model ALDCS achieved its design goal 
in reducing wing dynamic bending moment. However, because the model suspension 
system significantly distorted the rigid body modes, the effect of the ALDCS 
on these modes was not determined. The ALDCS effect on the model wing flutter 
characteristics appeared to be negligible, probably because the wing flutter 
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mode was antisymmetric, whereas the ALDCS was desigiled to attenuate s 3 mmietriG 
loads only. Some typical results are presented in figures 35 to 38. 

The model appeared to simulate reasonably well the overall static aero- 
dynamic characteristics including wing load distribution of the airplane. 
However, the ailerons were not as effective as those of the airplane'. A given 
model aileron deflection produced less (ranging from about 15 to 35 percent) 
of a load change than was produced on the airplane for the same deflection. 
Aileron gains of 1.6 times nominal were therefore included in the test param- 
eters. The dynamic effects on the model loads due to the control surface 
oscillations compared favorably with analysis. 

The ALDCS effectiveness was established best by the aileron frequency 
sweeps. The aileron sweeps excited higher frequency modes better than^'either 
the stabilizer sweeps or the sinusoidal gust sweeps. At the present time, the 
step/ramp response data have not been reduced sufficiently to determine their 
quality. The response of the model wing to a typical aileron sweep at the 
scaled flight condition is shown in figure 35. For these sweeps, the model 
scaled the 33-percent wing fuel configuration, the aileron amplitude was set 
for ±5°, the ALDCS was at nominal aileron gain, and the pitch SAS w^s on. The 
normalized wing bending moment at the wing root station is shown on the left 
plot; the normalized wing torsional moment is shown on the right. The fre- 
quency of the wing first bending mode was about 4 Hz. Another mode which con- 
tributed significantly to the model response had a frequency of about 11 Hz. 

It can be seen that the major effect of the ALDCS is to reduce the bending 
moments by about 50 percent at the 4-Hz mode; the torsional moments were also 
reduced by the ALDCS. The distribution of the bending and torsional moments 
along the wing span is shown for the same conditions in figures 36 and 37. In 
figure 36 the bending moments pertain to the 4-Hz mode. The torsional moment 
in figure 37 is for the 11-Hz mode where the torsional moments are greatest. 

It can be seen that the load reduction experienced at the root is obtained in 
nearly the same proportion over the entire span. 

In the flutter tests, the 33~percent wing fuel configuration did not 
flutter within the scaled flight envelope. The 0-percent fuel configuration 
experienced antisymmetric wing flutter at the two points shown in figure 38. 
The data in this figure are presented in the form of airplane equivalent air- 
speed. In each instance, the ALDCS had no effect on the flutter. The model 
flutter occurred at a frequency of about 13 Hz and appeared to consist of a 
combined higher wing bending and torsional mode with most of the motion on the 
outboard portion of the wing. A similar type of wing flutter occurred during 
earlier flutter model tests. 


CONCLUDING REM.A.EKS 


In this paper the experiences to date in testing aeroelastic models 
equipped with active controls in the Langley Research Center transonic dynamics 
tunnel have been described. Such items as model design, construction, and test 
techniques have been described in discussing three model experimental programs. 
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Also, some typical data results have been presented. The three model studies 
were a simple delta-wing flutter suppression model, a 1/30-size dynamically 
scaled aeroelastic model of the B-52 CCV, and a l/22-size dynamically scaled 
aeroelastic model of the G-5A aircraft. The delta-wing model was used to 
evaluate the aerodynamic energy concept of flutter suppression. The B-52 model 
was equipped with flutter mode control and ride quality control systems, while 
the G-5A model was equipped with a lift distribution control system. In all 
three studies active controls were successfully implemented on the models. The 
delta-wing flutter suppression system did provide an increase in flutter dynamic 
pressure, and the experimental results are in reasonable agreement with analyt- 
ical trends. Both B-52 model systems provided improved performance, and the 
FMG experimental results compare favorably with analytical and flight data. 

The G-5A ALDGS did provide a significant reduction in incremental dynamic bend- 
ing moment on the wing with no apparent effect on the flutter characteristics. 

Experiences with these models have indicated that the addition of active 
controlled aerodynamic surfaces has, indeed, added complexity to aeroelastic 
modeling technology. However, no insurmountable obstacles have been encountered 
in these three studies, and the success to date indicates that much useful 
information can be obtained from model test results. 
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Figure 4.- Delta-wing model control laws 
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Figure 6.- Simplified block diagr 2 im of delta-wing flutter suppression system. 
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Figure 8.- Effects of control surface and accelerometer locations on flutter d 3 mamic pressure. 
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RESPONSE y(t) 



Figure 9.- Basic randomdec concepts. 
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Figure 11.- Effect of different control laws on flutter dynamic pressure at M = 0.9. 







Figure 13.- Measured and calculated variation of flutter velocity index parameter with Mach 

number. 
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Figure 14.- A comparison of measured and calculated forced response to trailing-edge-control 

excitation at M = 0.9. 



Figure 15. B-52 model mounted in transonic dynamics tunnel 
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Figure 17.- B-52 model scaling parameters. 
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Figure 18 


Exposed view of B-52 model 
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Figure 20.- Typical variation of gust flow angle with frequency and tunnel lateral position for 
an oscillating vane angle of 6° and a velocity of 35.4 m/sec. 
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Figure 21.- Simplified block diagram of B-52 model FMG system. 
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Figure 23.- Measured frequency response of B-52 model to aileron excitation at a velocity 

6 percent below open-loop flutter velocity. 
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Figure 25.- Comparison of measured and calculated damping for the B-52 model. 
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Figure 26.- Comparison of B-52 CCV model and airplane damping characteristics of the 

flutter mode. 
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Figure 27. ~ Measured frequency response of B-52 model to oscillating gust vane excitation for 

a vane angle of 6® and a velocity of 33.7 m/sec. 







Figure 29 C-5A model mounted in transonic dynamics tunnel. 
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Figure 32.- Simplified block diagram of C-5A active lift distribution control system (ALDCS) . 


+ 1 

















PURPOSE 

FIXED TEST CONDITIONS 

PRIMARY TEST VARIABLE 

OTHER TEST VARIABLES 

MODEL TEST CONFK 

3URATION: 33-PERCENT WING FUEL 

! STATIC AER- 

jODYNAMlCS 

1 

MODEL FREE-FLYING 
LIFT DEVICE USED 
ALDCS OFF 

ANGLE OF AHACK 

AILERON UPRIG 

DYNAMIC 

LOADS 

MODEL SNUBBED AND 
RESTRAINED 
ALDCS OFF 
AILERON UPRIG +5 

AILERON AND STABILIZER 
FREQUENCY SWEEP 1 

AILERON SWEEP 
AMPLITUDE 
STABILIZER SWEEP 
AMPLITUDE 


MODEL TEST CONFIGURATIONS: 0-PERCENT AND 33-PERCENT WING FUEL 


ALDC S EF- 
FECTIVENESS 

MODEL FREE- FLYING 
AILERON UPRIG +5° 

1 

i 

ALDCS OFF/ ON 

1 

I 

AILERON SWEEP AMP. 
AILERON STEP/RAMPS 
STAB. SWEEP AMP. 

STAB. STEP/RAMPS 
SYM. GUST SWEEP 
ANTISYM. GUST SWEEP 
INCREASE ALDCS 
AILERON GAIN 
UNSTABLE CONTROL LAW 
PITCH S AS OFF/ON 

ALDCS EF- 
FECT ON 
FLUTTER 

MODEL SNUBBED 
MODEL FREE-FLYING 
AILERON UPRIG +5° 

ALDCS OFF/ ON 

DYNAMIC PRESSURE 
MACH NUMBER 
AILERON STEP 
AILERON UPRIG +8 


Figure 33.- C-5A ALDCS model test summary. 




888 




NORMAL CABLE SUPPORT 
/-SYSTEM^ 


^ LIFT-BAUNCING 

CABLE 

LOW FRICTION PISTON ^ 


EXHAUST TO ATMOS. 


EXHAUST VALVE AND INLET VALVE I 
OPERATE TO MAINTAIN FORCE ON PISTON 
EQUAL TO LIFT GENERATED BY MODEL 


( 1 

rhjpRESSURD 

EXHAUST 

f 

□RESERVOIR 

BUFFER 

u 

[PROVIDES 

TANK 


LOW 


r I 

SPRING 

-- 


RATE) 




PLENUM 


PRESSURIZED AIR 


Figure 34.- Schematic diagram of wind-tunnel model lift control device. 
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Figure 35.- Variation of C-5A model normalized wing bending and torsional moments with 

aileron frequency. 
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Figure 36.- Spanwise distribution of C-5A model normalized dynamic wing bending moment at a 

frequency of 4 Hz. 
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Figure 37.— Spanwise distribution of C— 5A model normalized dynamic wing torsional moment at a 

frequency of 11 Hz. 
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Figure 38.- Effect of ALDCS on C-5A model wing flutter. 



